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A program of fundamental, experimental research and analysis has been conducted to desin
additional components necessary to modify, assemble and develop a ground-based facility
(LENS) to duplicate flowlield environment around a hypersonic endo-atmospheric interceptor to
evaluate optical seeker performance. Aero-optic instrumentation, used to measure the aero-
optical characteristics of the viscous and shock layer over transpiration-and-filmed cooled
nosetips at hypersonic speeds were also investigated. In the design ol the facility, pajtiar
care was taken in designing the systems for a contamination-free hypersonic flow and in
isolating the loads associated with the operation of the shock tunnel from the model support
systemn and the aero-optic Instrumentation. Five instrumentation systems, including holography,
imagery, boreslaht/jtter, radiometry and spectrometry were evaluated to provide consistent
evaluation In ENDO-LEAP mission environments. State-of-the-art CFO codes with capabilities
for determining the inherent salient flowfield features such as turbulence and reading chemistry
were investigated and the GASP code was selected as the basic computational method. The
stress levels and motion of shock tunnels were studied and analyzed using two approaches, a
numeric marching code and a numeric solution to the wave equation. A flight test program
based on existing sounding rocket technology was examined in order to design a high
confidence flight test to validate the LENS groundf test results.
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FOREWORD

The program associated with the experimental measurement of the aero-optic characteristics of

i hypersonic configurations reported herein was conducted by the Calspan-University at Buffalo Research

Center (CUBRC) and its subcontractors Physical Research, Inc., University of Alabama-
Huntsville/Aero Thermo Technology, Inc., Science and Technology Associates, Inc., and Sparta, Inc.
under Contract No. F49620-91-C-0026 for the Air Force Office of Scientific Research (AFOSR). This
preliminary study, to be followed by more comprehensive programs, began in February 1991 and

continued through September 1991 with additional hardware delivery through February 1992.

3 At AFOSR, the program monitor was Dr. Leonidas Sakell. Commander H.A. Korejwo at the

Strategic Defense Initiative Organization (SDIO) provided monitoring for SDIO.

I At CUBRC, Michael S. Holden and Donald E. Adams compiled this report from CUBRC and its

subcontractor sources. Dr. Anthony L. Russo was Executive Director of CUBRC and Dr. Holden was

Program Manager throughout this preliminary study. Mr. Ronald F. Drzewiecki and Mr. Adams
assisted with program management. Mr. George Duryea was a consultant on all phases of facility5 design and Messrs. Frank N. Valente and Joseph M. Bona were in charge of design. Designers
included Messrs. Wolfgang G. Czerwinski, Edward J. Krafchak, Donald R. Lombard, and John H.3 Merritt. Dr. Donald W. Boyer provided performance predictions and Dr. Walter H. Wurster defined the

instrumentation.
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Section 1
INTRODUCTION

A key problem in the design of optical sensors for small hypersonic vehicle development is that while the existing

design tools are potentially capable of providing good estimates of the cooling requirements, these techniques are incapable

of accurate predictions of the aero-optic distortion of visual observation associated with turbulent mixing and flowfield

radiation over the windows. These inadequacies are intrinsically related to the lack of understanding and inability to model

turbulence and nonequilibrium chemistry in the hypersonic flight of optical sensors. Even for the simplest sensor

configuration it is unlikely, even with an aggressive program of fundamental experiments and analysis, that aero-optic

distortion of flowfield radiation will be predicted with the required accuracy within the near future. However. for velocities

up to 14,000 ft/sec (4300 m/sec), it is possible to duplicate the flight environment over optical sensors in ground test

facilities. Such a capability would serve to evaluate directly the aero-optical and aerothermal performance of candidate

optical sensors as well as provide direct calibration of prediction techniques.

The principal regime of interest for aero-optical studies in hypersonic flow covers a range in velocities from 6 to

15 kft/sec (1.8 to 4.6 km/sec) and altitudes from 50 to 150 kft (15 to 46 kin). Shown in Figure 1-1 are the reservoir

pressures and temperatures which must be generated in ground test facilities to duplicate these flight conditions. To

generate velocities of up to 14,000 ft/sec (4.3 km/sec) at an equivalent altitude of 75,000 ft (23 km) requires equilibrium

reservoir temperatures approaching 14,00O(F (8000K) and reservoir pressures close to 40,000 psia (280 MPa). While such

conditions cannot be generated in facilities with long test times without freestream contamination, they can be produced in

short-duration, high-energy shock tunnels. It is important to note that for stagnation temperatures above 8,000R (4400K),

where real gas effects in air are important, reservoir pressures greater than 20,000 psi (140 MPa) are required to prevent

significant levels of energy being frozen in non-equilibrium species in the gasdynamic expansion to hypersonic freestream

conditions. The reservoir pressures required to prevent freestream non-equilibrium increase rapidly with increasing velocity

and reach impractical levels over 16,000 ft/sec (4.9 km/sec).

During the five years prior to this program, a new, large high-energy shock tunnel, the LENS (Large Energy

National Shock Tunnel) facility has been designed and partially constructed by the Calspan-University at Buffalo Research

Center (CUBRC). This facility was designed to duplicate the re-entry corridor environment for flight velocities up to

14,000 ft/sec (4300 m/sec) to fill a critical gap in the Nation's hypersonic testing and research capability. The key gaps in

technology which this facility addresses are associated with compressible transitional and turbulent flows, nonequilibrium

flows and real gas air chemistry, and combustion for air breathing scrainjet engines operating at Mach numbers up to 14.

The design of the facility is based on the very successful 48-inch Shock Tunnel operated at Calspan. This new facility will

be able to generate reservoir pressures up to 30,000 psi (200 MPa) and stagnation temperatures of 14,000R (8000 K). In

the design of this facility, we have incorporated all of the important features that we have identified in the 30 years that we

have been designing, building, and testing in high energy shock tunnels. This facility, shown in Figure 1-2 is a reflected

shock tunnel with a I I-inch (28 cm) ID driver and an 8-inch (20.32 cm) ID driven tube. The driver section can be heated to
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750OF and hydrogen or helium can be used as the driver gas. The Reynolds number/Mach number capabilities of the LENS

facility are shown in Figure 1-3, with the Reynolds number based on a 4-foot (1.2 m) model length in the 8 ft (244 cm)

test section. The total enthalpies which can be generated in this tunnel providing up to 14,000 ft/sec (4300 m/sec) are

shown in Figure 1-4.

The optical performance of an optical sensor is controlled by the refraction and radiative environment introduced by

the flow over the sensor. Non-uniform and turbulent refractive effects in the flow over an optical sensor degrade the optical

performance of the IR optics. Also, radiative emission from high temperature air and coolants will reach the IR focal

planes raising background levels and degrading performance. The definitive optical evaluation of optical sensors must be

based on direct measurements of refractive and radiative levels produced in the flow. The refractive degradations can be

measured with a combination of wavefront distortion and image formation diagnostics. The wavefront ,istortion produced

by the flow over the optical sensor will be measured directly with holographic interferometry (HI). Pulsed laser holography

is a convenient and accurate means for interferometric measurement of wavefront distortion. With the attendant

specification of the optical aperture and wavelength, the focal plane intensity distribution is obtained through Fourier

analysis. The image formation approach has the advantage of producing a real image (i.e., with actual lens elements) and

recording real intensity distributions. By-passing the rather complex step used in HI of high resolution phase

measurements and two-dimensional Fourier transform, the image formation systems measures the final results directly.

The distinct disadvantage is that the optical degradation is wavelength and aperture dependent and therefore this evaluation is

less comprehensive than the HI diagnostic. The HI diagnostic provides direct wavefront distortion measurements and image

blur, MTF, PSF data through analysis. The imagery diagnostic provides direct measurement of image blur, MTF and PSF.

The radiative environment achieved in the high temperature flow over the optical sensor produces an increase in

background level on the focal plane. Several lines of sight will be viewed with radiometers which will sense band radiation

in the UV, visible, and near, mid and far infrared spectral regions. These radiation levels are expected to depend on incident

gas velocity and density, and coolant gas and optical sensor design.

When carefully reconstructed and interpreted, these two sets of aero-optic measurements provide direct evaluation of

optical sensor performance; however, they do not provide details of the structure of the flow over the nosetip and windows.

For such measurements we require additional flowfield diagnostics (intrusive and nonintrusive) to provide point mean and

fluctuating measurements of key flow properties. Here, we adopt the conservative approach of selecting only proven

techniques or those methods which having worked successfully in a slightly different environment can be easily transitioned

to obtain measurements in short duration hypervelocity flows. These techniques include electron-beam, emission

spectroscopy, hot film, pitot pressure, and cross-beam correlation. If, for example, LIF were to be successfully

demonstrated in an appropriate test facility, we would naturally consider the use of this potentially powerful technique in

this program.

1-4
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i One of the important objectives of this program was to develop a capability to provide ground test measurements

with aerothermal, flowfield, and aero-optical instrumentation which will be used in flight tests. This would open the

exciting prospect of obtaining ground and flight tests measurements with identical instrumentation and optical sensor

configurations at the same velocity and altitude conditions. Such a comparison would be of particular interest at velocities

I above 11,000 ft/sec when flowfield chemistry is important in both tunnel and flight tests.

This report first discusses the requirements for proper ground test simulation. The design and fabrication of the

LENS facility during this preliminary study are included next. Following sections discuss the performance and

instrumentation of the LENS facility, first flowfield and then aero-optic instrumentation. Sections 6 through 8 include

analyses of facility performance, validation experiments, structural loading, and flight tests. This is a preliminary program

and is expected to be followed by additional programs culminating in the experimental measurement of aero-optical

I characteristics of hypersonic configurations.

I
I
I
I
I
I
I
I
I
I
!
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Section 2
GROUND TEST SIMULATION

2.1 Introduction

The construction of a ground-based facility to duplicate the flowfield environment around a hypersonic endo-

atmospheric interceptor to evaluate optical seeker performance will provide a key element in the successful design of a

ground-based ballistic-missile interception system. Because of the large heating loads to which such vehicles are subjected,

an active coolant system (usually a gaseous film) must be used to prevent the degradation of the seeker window. However,

the optical distortions to which light is subjected when it passes through such a cooled window can seriously compromise

the performance of the seeker system. In this section of the report, we review the characteristics of a ground-based facility

necessary to perform meaningful seeker head evaluation.

2.2 Simulation of Flows Around Endo-Interceptors

In the conduct of ground test studies simulating or duplicating the environment around an endo-interceptor, it is

important to understand the parameters of key importance in the distortion of the electromagnetic waves as they are

propagated through the shock layer and the shear layer of the interceptor. While the aero-thermal loads on an endo-

interceptor may be simulated in a number of ground-based facilities, to duplicate the flowfield structure and radiation to

obtain accurate measurements of aero-optic distortion requires a facility of significantly greater energy performance.

The key phenomena and major parameters that must be simulated over an interceptor vehicle are illustrated in

Figure 2-1. On the relatively small seeker-head configurations, a key parameter that must be defined and controlled is the

position of boundary layer transition. Not only is the heat transfer distribution strongly influenced by boundary layer

transition, but also the mean flowfield structure, and the distributions of mean and fluctuating densities across the boundary

layer are strongly dependent on the position of transition. Transition itself is dependent on the coolant blowing rate, on the

Mach number and Reynolds number of the freestream, and on the seeker-head configuration. The flowfield structure over

the forebody and, subsequently, over the windows is controlled principally by the velocity of the external flow and the

coolant injection parameters for the forebody and windows. To correctly simulate coolant/flowfield mixing from the fluid

dynamic viewpoint, it is important to duplicate the local convective Mach number of the injectant and the local Reynolds

number of the flow. In simulating the major aero-optic characteristics of the flowfield, it is important that the density and

the temperature characteristics of the flowfield be replicated. To achieve this, it is necessary that both the Reynolds number

and the total enthalpy of the freestream be duplicated, together with the detailed injection characteristics of the forebody and

windows. It is of key importance to duplicate the flowfield velocity to obtain the correct density profiles through the shock

layer-and, hence, the correct aero-optic distortion---as illustrated in Figure 2-2. In Figure 2-2, we have shown typical

density and velocity distributions through the shock layer generated in flight, in high-enthalpy shock tunnels, and in state-

of-the-art high Mach number blowdown facilities. Basically, the magnitude of the density difference across the viscous

2-1
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I shock layer that controls the aero-optic distortion is directly related to the velocity. The convective Mach number across

the shear layer, which is a key parameter in controlling the rate of mixing between the shock layer and the coolant flow, is

I also strongly influenced by velocity. Figure 2-2 also shows the magnitude of the optical distortion anticipated over a film-

cooled seeker window in ground test facilities and flight. Here, we see that conventional low-velocity hypersonic facilities

are capable of obtaining only 1/10 of the velocity and temperature ratios expected in flight.I
Under a number of circumstances, it is also important to duplicate in the ground test facility the surface

temperature that would be achieved in flight. In a shock tunnel, this can be achieved by pre-heating the seeker head by

radiative or internal heating. Here, radiative heating employing laser or graphite heaters would appear to be the most

attractive method.

While it is important to generate freestream velocity to duplicate the density profiles through the shock layer, it is

also essential to obtain the correct total enthalpy of the flow (which is directly dependent on vehicle velocity) to obtain the

correct flowfield chemistry and radiation. Figure 2-3 shows the important effects of freestream velocity on real-gas effects.

I For velocities below 5,000 ft/sec (1500 m/sec), which corresponds to the maximum velocity attainable by most

conventional hypersonic blowdown facilities, such as NSWC Tunnel 9 and AEDC Tunnel C, the gas may be regarded as

Ibasically ideal. For velocities between 5,000 and 10,000 ft/sec (1500 and 3000 m/sec), progressively more energy is being

absorbed by molecular vibration of the diatomic molecules of oxygen. Oxygen dissociation begins to occur in the shock-

I layer stagnation region at velocities around 10,000 ft/sec (3000 m/sec). The shuttle reactions involving the formation of

nitric oxide (NO) also become a significant factor in the energy balance at these flow velocities. For velocities close to

14,000 ft/sec (4300 m/sec), the oxygen is almost completely dissociated, and significant electronic plasma effects begin to

occur. At this velocity, nitrogen dissociation begins to occur, this process continues and is complete at velocities just

under 20,000 ft/sec (6100 m/sec), where both the nitrogen and oxygen molecules in the shock layer become fully

dissociated. At these and greater velocities, a shock layer is dominated by plasma effects.

Figure 2-4 shows that, while most conventional hypersonic facilities are unable to generate the velocities to

provide simulation of gas effects, the shock tunnel will provide the flows of up to 14,000 ft/sec (4300 m/sec). Although it

is possible to generate velocities above 14,000 ft/sec (4300 m/sec) in conventional and piston driven shock tunnels,

extremely high pressures are required in the reservoir to prevent non-equilibrium effects associated with dissociation in the

freestream at the exit of the nozzle. Whatever the nature of the tunnel, whether it be a conventional shock tunnel or a

conventional blowdown turmel, the reservoir requirements to simulate velocities and densities are exactly the same.

Figures 2-5, 2-6, and 2-7 show the typical performance of conventional blowdown and shock tunnel hypersonic

facilities in terms of the major parameters of importance for interceptor performance- otal temperature, Mach number, and

Reynolds number. In terms of the Mach number and Reynolds number conditions that are important for transition

simulation and aero-thermal heating, while there are a number of flight segments that cannot be duplicated in ground test

2
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I
facilities, the key homing portion of the flight can be duplicated. However, to obtain the correct density and temperature

distr'butions in the shock layer, the key simulation parameters are total temperature and Reynolds number. To obtain the

correct Mach number, Reynolds number, and total temperature simulation for interceptor detection and homing, the only

facilities capable of generating the clean flow conditions required are shock tunnels.

Figure 2-8 shows the reservoir pressure and temperature conditions required. It can be seen that, in order to

generate conditions to duplicate an interceptor flying at 14,000 ft/sec (4300 m/sec) at 100,000 ft (30 kin), one must

generate stagnation temperatures of the order of 14,000°R (8000K) at pressure levels of the order of 30,000 psi (200 MPa).

Under these conditions, Reynolds numbers of the order of 106/ft would be generated. It is possible to generate non-

dissociated high-velocity flows without the requirement for extremely large stagnation pressures if the shock tunnel is

operated in a non-reflective mode. However, the test times generated in such facilities are so short (on the order of 500

microseconds) that meaningful experimental programs with models involving surface injection are highly questionable.

2.3 Characteristics of the Large Energy National Shock Tunnel (LENS)

Design Features of LENS

The LENS is being constructed specifically for the purpose of generating hypervelocity flows to duplicate tbe flow

over small endo-interceptors traveling as speeds up to 14,000 ft/sec (4300 m/sec). The test conditions and major freestream

parameters for the LENS facility can be computed with the information presented in Figure 2-9. The operating range with

the existing nozzle is Mach 11 to 18 for stagnation temperatures up to 14,0000 R (8000K). The test conditions in terms of

Mach number and Reynolds number are shown in Figure 2-9. The velocity/altitude performance of the LENS facility is

shown in Figure 2-10. LENS is a large, high-pressure but conventional, shock tunnel that is based on an upgrade of the

existing 48" shock tunnel and utilizes a number of features that have been developed over the past 25 years of shock tunnel

development and testing at Calspan. In the design of this facility, particular care was taken in developing a contamination-

free hypersonic flow and in isolating the loads associated with operation of the tunnel from the model support system and

the aero-optic instrumentation. The design is based on a 8-inch-diameter shock tube, driven by a 11-inch-diameter driver.

The tunnel layout of the LENS configuration is shown in Figure 2-11. The driver section of the tunnel heated to 7500 F,

and, because it is ordinarily operated with hydrogen, it has a stainless steel liner to prevent hydrogen embrittlement. The

driver and heater section of the tunnel are mounted on a carriage, which recoils with the tunnel as it is fired. The firing of

the tunnel is controlled by a double-diaphragm rig via which the pressure in the intermediate chamber is vented to fire the

tunnel. Because flowfield chemistry and cleanliness are of prime importance in this facility, all components that come in

contact with the test gas are constructed from stainless steel. A centerbody apparatus, which utilizes a fast-acting plug

valve to close the nozzle throat, is used to terminate the flow once the useful slug of air has been exhausted from the end of

the shock tube. A Mach 11 to 18 contoured fiberglass nozzle is used in this tunnel. However, to handle the large loads

generated by the recoil of the driver, a metal corset, which surrounds the fiberglass nozzle is used to prevent overloading the

2-7
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I1

fiberglass. Because of the large volume of gas contained in the high-pressure driver, a large test section volume is required

to prevent the pressure level in the test section from exceeding that necessary to, fracture the schlieren windows. If the

ocenterbody valve fails to operate, then additional volume provided by a ballast tank, which is coupled to the test section

through a large-volume pipe isolated through a diaphragm, is used to prevent overpressurization of the test section.

Test Conditions for Seeker Evaluation

The large dimensions of the driver and driven tubes allow us test times up to 18 milliseconds for operation at low

incident Mach numbers, with contamination-free test times of the order of 3 to 4 milliseconds at 14,000 ft/sec (4300

m/sec). The test conditions that have been selected for the validation studies, the studies where we will compare

measurements in different facilities with flight tests, are shown in Figure 2-12. Freestream and model measurements have

been made to compare the performance of NSWC Tunnel 9 and the LENS facility to establish the equivalence of the air

flows. Measurements at an altitude equivalent of 75,000 ft (23 km) will then be made at a velocity of 10,000 ft/sec (3000

m/sec) for direct comparison with flight tests. These studies will be conducted with both air and nitrogen to examine real-

gas effects. At 120,000 ft (37 kin), measurements will be made at velocities of both 10,000 ft/sec (3000 m/sec) and

14,000 ft/sec (4300 m/sec). Again, these studies for direct comparison with flight tests will be conducted with nitrogen and

air environments to examine real-gas effects. These test conditions are replotted in Figure 2-13, highlighting the important

real-gas effects. LENS test conditions in terms of stagnation and freestream test parameters are presented in Figure 2-14.

Measurements at the higher velocities will enable examination of the important high-enthalpy and real-gas effects on the

flowfield structure and radiation associated with a hypervelocity endo-interceptor vehicle.

2.4 Aero-Optical Model Support and Optical Bench System

Design of the support system for the aero-optical studies is one of the most important aspects of the construction

of the aero-optic evaluation facility. The requirement that neither the model nor the optical bench move more than 10

microradians during the run time places a stringent demand on this design. The basic sting system (shown in Figure 2-15)

is not attached to the test section of the tunnel and, thus, is not subjected to the large acceleration loads associated with the

tunnel recoil. The lower half of the support system is mounted on two massive rods that pass through the test section via

four sets of rolling seals and are attached to the concrete floor beneath the test section. The massive (40,000-1b) (18,000

kg) upper half of the support system is suspended on four rubber blocks such that this system has a natural frequency of

under 20 hertz and, thus, will totally isolate the model attached to it from recoil loads for the 4 to 18-millisecond run time

of the tunnel. Fairings (see Figure 2-16), which are attached to the test section of the tunnel, are employed to prevent the

model support structure from being exposed to the airloads, leaving only the model and the source plate exposed in the

airflow. The optical bench system (see Figure 2-17), which contains the optical components used for holographic and

infrared evaluations of seeker-head performance, is mounted inside the model. The entire optical bench system is at

qtmosperic pressure and temperature conditions.
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I Figure 2-15 MODEL SUPPORT SYSTEM FOR 96" SHOCK TUNNEL AND LENS FACILITY STUDIES,
,
,

Figure 2-16 MODEL AND SUPPORT FAIRINGS

I
I

i Figure 2-17 SCHEMATIC OF OPTICAL TUBE
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ISection 3
DESIGN AND FABRICATION OF LENS FACILITYIPrior to the beginning of this program, the basic design and even partial construction of the LENS facility had

been completed. However, it was determined that redesign was required in two areas. Initially it was planned to make a'separate driver for using helium or hydrogen as driver gas. By redesigning the driver including the use of a stainless steel

liner, a single driver could be used with both helium and hydrogen and nearly the same test conditions could be produced.

This would save a considerable amount of expense.

In addition, the facility was redesigned to produce the cleanest (lowest particle contamination and chemical

impurities) test gas possible. This was necessitated by the requirement of a contaminant-free optical path for measurements

of aero-optical seekerhead performance. This redesign included stainless steel driven tubes and joints between driven tubesIthat would not open up during a test run. The stainless steel tubes will preclude the formation of minute rust particles on

interior tube walls which could contaminate the flow. It was believed that the joints in other shock tunnels could openIslightly and capture and release contaminants on subsequent runs and therefore a new joint was designed with a metal-to-

metal seal on the tube bore and clamping forces sufficient to prevent any separation. Significant efforts were devoted to theIelimination of sources of chemical contamination, such as those which could be introduced by oils and lubricants.

In addition, detailed design drawings including revisions were made for a number of parts. The following itemsI were designed and/or complete specification packages pduced&

Test Section
Driver Tube Liner

Test Section Vacuum Pump

Hydrogen Gas Detection System

Control Console

Numerous Miscellaneous Parts for Control Console

Test Section Schlieren Windows

Centeroy Section

Double Diaphragm Section

Double Diaphragm and Centerbody Nut Carriages Stress Analysis

Driver Tube Heater

Driver Tube Carriage

Building Modifications

Model Support and Optical Bench System

Ballast Tank

A total of 33 drawings and 33 drawing revisions
were completed

3-1



In addition, fabrication of the following items was contracted and completed in this program:

Double Diaphragm Parts

Driver Tube Heater

Driver Tube Carriage

Forgings for Driven Tubes

Forgings for Centerbody Parts

Control Console Cabinets
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Section 4
PERFORMANCE AND INSTRUMENTATION OF THE LENS FACILITY

4.1 INTRODUCTION

The shock tunnel is essentially a blow-down facility with a shock compression heater. A shock tunnel

is constructed from three major components, the driver tube, the driven tube, and the nozzle and test

section. The driven tube is connected to the driver through a fast-acting valve called a double-diaphragm

rig, which is opened rapidly to start the tunnel. A fast-acting centerbody, connected between the driven

tube and the nozzle, is used to terminate the flow through the test section to prevent model damage from

diaphragm particles. The operation of the LENS is shown with the aid of a wave diagram in Figure 4-LThe

tunnel is started by rupturing the double diaphragm, which permits high-pressure gas in the driver section

to expand into the driven section and, in so doing, to generate a normal shock that propagates through the

lower pressure air. A region of high-temperature, high-pressure air is produced between this normal-

shock front and the gas interface (often referred to as the contact surface) between the driver and driven

gas. When the primary or incident shock strikes the end of the driven section, it is reflected, leaving a

region of almost stationary, high-pressure, heated air. This air is then expanded through a nozzle to the

desired freestream conditions in the test section.

The duration of the flow in the test section is controlled by the interactions between the reflected

shock, the interface, and the leading expansion wave generated by the non-stationary expansion process

occurring in the driver section. We normally control the initial conditions of the gases in the driver and

driven sections so that the gas interface becomes transparent to the reflected shock interaction. This is

known as operating under "tailored-interface" conditions. Under these conditions, the test time is con-

trolled by the time taken for the driver/driven interface to reach the throat, or the leading expansion wave

to deplete the reservoir of pressure behind the reflected shock; the flow duration is said to be either

l Leading Expansion Wave !

4T
Tim Time

DNahramstatonDiolanmrty

SExpansion Van Ae

'":''.'' ."." Air

& -Diaphragm Station Displacement

Double Diaphragm

Driver Section Air Section Throat

Figure 4-1 Wave Diagram for Tailored-Interface Shock Tube

Figure 4-1 WAVE DIAGRAM FOR TAILORED-INTERFACE SHOCK TUBE
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driver-gas-limited or expansion-limited, respectively. Low M can be used to ac.hieve up to 25 miflisec-
onds of test time. When performed under these conditions at high pressures and high Reynolds numbers,
the test running times are longer than for piston-driven tunnels with comparable stagnation temperatures,
and the reservoir conditions and flow quality are superior to those of piston-driven tunnels. This results

from the fact that the test gas is processed by a simple reflected shock, rather than by the multiple shocks
of piston-driven tunnels. A further consequence is that the freestream conditions can be calculated far
more accurately in a shock tunnel.

Note that when sensitive high-frequency instrumentation is used in the very severe heating conditions
encountered in interaction regions in hypervelocity flow, running times longer than 20 milliseconds can
result in damage to or destruction of the sensing element due to overheating.
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4.2 OPERATING CHARACTERISTICS OF LENS FACILITY

Flight Corridor

The Hypersonic Shock Tunnel is capable of simultaneously duplicating velocity (i.e., enthalpy) and

density over a wide range of hypersonic flight conditions. This range of conditions referenced to a typical

continuous flight corridor is shown in Figure 4-2 for the Calspan 48-inch shock tunnel and the LENS

facility. Reservoir temperatures associated with the velocity range of interest are also shown for reference

purposes.

Shown in Figure 4-3 are the reservoir pressures and temperature which must be generated in gound

test facilities to duplicate these flight conditions. To generate velocites of up to 14,000 ft/sec at an equiva-

lent altitude of 75,000 requires equilibrium reservoir temperatures approaching 14,000*R and reservoir

pressures close to 40,000 psia. While such conditions cannot be generated in facilites with long test times

without freestrearn contamination, they can be produced in short-duration high-energy shock tunnels. It

is important to note that for stagnation temperatures above 8,000*R, where real gas effects in air are
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important, reservoir pressures greater than 20,000 psi are required to prevent significant levels of energy
being frozen in non-equilibrium species in the gasdynamic expansion to hypersonic freestream conditions.

For certain flow phenomena (e.g., blunt bodies), the important parameters to be duplicated are the
density-altitude and the flight velocity. These two parameters then insure duplication of freestream mo-
mentum (Q.U. 2 )and energy (1/2.U. 3). Duplication of density-altitude and freestream velocity in the
shock tunnel implies a higher freestream static temperature than in flight and, hence, a lower Mach
number and unit Reynolds number. However, for inviscid flows that are Mach number independent, the
lower flow Mach number imposes no restriction provided it is hypersonic (i.e., M. Z 5).

Mi is the primary parameter governing the supply temperature (TO) of the air behind the reflected
shock. Figure 4-4shows the relationship between Mi, To and the total enthalpy Ho. The effect of supply

pressure (Po)of the air behind the reflected shock on To is also shown for 100 and 1,000 atmospheres. In
making tunnel performance calculations, it is convenient to use the Mach number (MI) of the shock wave
traveling down the shock tube as a reference parameter.
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12.000
10 t - 200 -

o 0,'0 TEMPERATURE

1 8000

cc- 600oo

I 40 ,

c: 4000

-- 20 w
"I

2000

0
3 4 5 6 7 8 g 10 11

SHOCK MACH NUMBER M I

Figure 4-4 RESERVOIR TEMPERATURE AND ENTHALPY AS A FUNCTION OF
SHOCK MACH NUMBER
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Reynolds Number/Mach Number

The performance 4 of the tunnel covers Reynolds numbers (per foot) from 103 to 108 and Mach

numbers from 5.5 to 24. This Reynolds number/Mach number simulation range is presented in Figure 4-5
The constant-altitude lines shown are those at which a vehicle would need to fly to achieve the combina-

tions of Reynolds number per foot and Mach number shown.

It is useful to present the overall capability of the LENS as shown inFig re 4-6for representative nozzle

air supply pressure levels of 4,000 psia and 30,000 psia. The figure relates the test Mach number, the

dynamic pressure, and the freestream Reynolds number to the incident shock Mach number. The highest

Reynolds numbers are achieved with the weakest incident shocks (i.e., at the lowest stagnation tempera-

tures). Also shown are the values of M1 required to duplicate flight enthalpies, as are those required to

avoid air condensation. The minimum operating temperature is generally taken as that at which oxygen
condenses in the test section. Although an increase in unit Reynolds number can be achieved by operating

below the condensation limit (References 2 and 3), past experience has indicated that it is necessary to

operate at freestream static temperatures approximately 10% above that at which oxygen condensation
occurs to ensure valid data. This operational philosophy is reflected in Figure 6.

Test-Section Conditions

Test-section conditions are calculated under the assumption of isentropic flow from the reservoir to

the test section. The test conditions can be computed assuming the test air to be in thermodynamic

equilibrium or nonequilibrium.

A. Equilibrium

The calculations for test conditions assuming thermodynamic equilibrium in the test section include

the vibrational heat capacity of the diatomic oxygen and nitrogen in air.

Test-section static temperature is obtained by equating the total enthalpy generated in the shock tube

to the stagnation enthalpy in the test section. The test-section static temperature is then:

To = -- M
CP.AVG ICPAv G

where T. = test-section static temperature

ho= total enthalpy

= specific gas constant

M. = test section Mach number

CP.AVG = specific heat at constant pressure

4 P-AVG = averaged specific heat at constant pressure
cp- /7

.o (Cp W/K - 1)

Now, Cp. and CP'AVG are functions of 7.; hence, the calculation of T. for a given M. involves an

iterating computation.
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The test-section static pressure is determined as follows:

P.~~ =Pex

*y-1~~e Yrf o

I where so = entropy of test air including vibrational contributions

Pref. 0.001 psia

I = 500R

- specific heat ratio for air composed of

I 20.98% 02, 78.08% N2 , 0.93%A

The values of Sref. are obtained from Reference 4 for air at some arbitrary state obeying the perfect gas

jlaws.
The dynamic pressure is:I

1 2
I where

The test-section stagnation pressure is obtained by solving the Rankine-Hugoniot normal shock equa-

tion at the test-section Mach number and can be shown to be:

PP0 =P{1 + .(1 2..)]

where t is the ratio of the density ahead of the shock wave to that after the shock.

B. Nonequilibrium

For air-supply temperatures above 58000R, at which some dissociation takes place, care must be
taken to include nonequilibrium effects in the nozzle expansion.s In general, the expansion process is so
rapid that finite-rate chemical relaxation processes cannot maintain equilibrium composition, and some
residual amounts of dissociated gas species remain when the air reaches the test section. The effects on
specific heats, static enthalpy, and molecular weight of the residual dissociated gas species and associated
frozen chemical energy need to be taken into account in the determination of freestream conditions. For
exact computation of these effects, CUBRC has available a computer solution for nozzle expansions with
finite-rate chemistry. Solutions for the effects of nonequilibrium in the nozzle expansion on tunnel test-
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conditions have been obtained for a wide range of tunnel-supply conditions and nozzle geometries, and

new solutions can be obtained for a specific test.

An appropriate solution has been developed that generalizes the computer solutions so that the

nonequilibrium effects, including residual (or "frozen") energy in vibration, for a specified test condition

can be handcalculated to good accuracy. The frozen atomic specie mole fraction, A, static enthalpy loss

through freezing, h1 , and effect of vibrational freezing on entropy, SvF /Ro are found from graphical

presentations of the exact solutions. The ratios of nonequilibrium to equilibrium values in the freestream

are then:

_ 1A211_ (TLop xIE+ i2ho) 1, )]AE

(MN.E. K2 2h

TMEQ ( 43

(EME1 + 3 17A) T

where T= reservoir temperature and pressure

hf/ho = fraction of total enthalpy frozen into

dissociation and vibrational excitation

17A = mole fraction of atomic species

A/A = local area ratio

SvF/Ro = non-dimensional entropy of the gas at

the temperature of vibrational freezing

N.E. and EQ as subscripts refer to nonequilibrium and equilibrium conditions, respectively

This approximate analysis has also been applied to aerodynamic shapes to determine those conditions

for which knowledge of freestream nonequilibrium is important; these results assist in the assessment of

the degree of accuracy to which the nonequilibrium effects must be determined for a given test.

Testing Time

The duration of steady airflow is limited in the tailored case by the downstream propagation of expan-

sion waves from the driver section, which, upon arrival at the downstream end of the driven tube, de-

crease the pressure and temperature of the nozzle supply gas. A second factor, which limits the available

test time at higher incident shock speeds, is the penetration of the interface by the driver gas and the
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resulting early arrival of driver gas in the test section. This phenomenon has been studied both experimen-
I tally and theoretically, and test-time limitations based upon it are well known.'s The testing time for
i various operating conditions are shown in Figure 4-7Additional test time can be attained in the 48-inch leg

at incident shock speeds below 3.5 by increasing the driver length to 40 feet.

Observations on Boundary Layer Transition in Hypersonic Flows

Experimental measurements of boundary transiton on sharp flat plates and cones made in many
different studies conducted in the Calspan 48- and 96-inch shock tunnels, which have the same nozzle
configurations as the LENS facility, form the basis for the correlations presented herein. We have also
selected measurements and observations from ballistic range and downrange shots for comparison. It is
clear from the studies of Pate and Schueler37 and extensive measurements made at NASA/Langley that

boundary layer transition on models in wind tunnel studies is influenced by the freestream pressure envi-
ronment. In general, our studies were conducted at Mach and Reynolds numbers considerably larger than
those in the studies of Pate and Schueler. Thus, the magniitude of the noise radiated from the tunnel walls
and the intensity on the axis should be significantly less in these facilities. A direct result of Pate and
Schueler's findings is that a decrease in the tunnel size, for the same freestrearn conditions, should de-
crease the transition Reynolds number. However, transition measurements (shown in Figure 4-8) made in
the A and D nozzles, which have exit diameters of 24 inches and 48 inches, respectively, do not exhibit
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this scale effect, even though a unit Reynolds number variation is evident in the correlation. Predictions

based on Pate and Schueler's correlation suggest that transition Reynolds numbers of over 200 million

should be anticipated for our test conditions, which is clearly well in bxcess of physically meaningful

values. Expressing transition in terms of the Reynolds number based on the momentum thickness at

transition onset, we can compare our measurements with the results of earlier studies conducted in the

ballistic range and in full-scale flight tests as shown in Figure 4-9. Here, we have included measurements

from cone and flat plate studies; we can see that, although our transition measurements on flat plates are

consistently larger than those on cones, both sets of measurements are in essential agreement with ballistic

range and flight tests. It is clear that, in these tests, the position of transition was influenced by factors

more complex than those governing transition in the tests conducted by Pate and Schueler. Whether the

fluctuating pressure level of the freestream is the principal factor influencing transition, as indicated by the

measurements of Stainback, Fisher, and Wagner,w or whether this quantity is directly related to parame-

ters that themselves govern transition remains to be determined.

SYM M.

o 7.5
S 8.0 Ed A NOZZLE E--

o 10.6
3 10.7 o-D NOZZLE

Me I .. ,

9l

Xtr -END OF TRANSITION
AT MAXIMUM HEATING

10

103 1 I I

106 107  108

Re

Figure 4-8 CORRELATION OF TRANSITION SHOWING THE EFFECTS OF TUNNEL SIZE
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4.3 GENERAL AIRFLOW DATA AND CALIBRATION

The test conditions generated by each nozzle are functions of several variables: nozzle throat size; air
supply pressure and temperature; and, in the case of a conical nozzle, axial station in the test section. The
lateral distribution of pitot pressure has been surveyed in each nozzle for many combinations of these
variables; examples are shown in the lower-left-hand comers of Figures 4-10 and 4-11.

Airflow data from many runs of a particular nozzle configuration are averaged for each run, and the
average values are normalized to standard conditions as shown inFigures 4-10 and 4-1 Ito indicate their
dependence on supply conditions. The theoretical trends are established based upon the best available
boundary layer information'14. It has been found that data taken in the 96-inch leg duplicate that obtained
in the 48-inch leg. Therefore, the Moo vs. M i curves are applicable to both legs of the tunnel within their
respective limits, and to the LENS shock tunnel.

a - W4 PI'

3STITION a 18' AFT.

1 ILOX hi O
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0' 14o X P4
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4.4 Surface and Flowfleld Instrumentation for Aerothermal Studies

Review of Measurement Techniques

We have examined and surveyed the potential instrumentation that could be of use in obtaining surface and

flowfield measurements. Particular emphasis was placed on measurements of the fluctuating density and temperature fields,

as these properties directly control the aero-optic characteristics of the flowfield. In terms of wall quantifies, we have in

hano excellent means of measuring surface pressure, heating rate, and skin friction. Heating-rate measurements using "thin

films" (thin-film resistance thermometers) also provide key information on the position of transition. Mean flow

measurements under low-enthalpy conditions can be made with pitot pressure and total temperature intrusive probes. It is

also possible to obtain direct measurements of concentration under these conditions. Holographic interferometry and

velocimetry are possible to obtain measurements of density or velocity. Holographic interferometry can be used to obtain

flowfield density information. At this point, however, it is questionable whether laser doppler velocimetry (LDV)

techniques are capable of measuring at the high velocities we anticipate in our experimental studies; and laser-induced

fluorescence (LIF), while an extremely important potential technique, is yet to be used successfully in large-scale facilities.

For flowfield fluctuation measurements, very few definitive techniques are available. High-frequency pitot pressure

measurements have been made and will be used to determine principally turbulent scale size. Density measurements can be

made with electron beams, and this technique would be employed first in a validation experiment.

Surface Measurement Technique

Thin-film heat transfer instrumentation has the capabilities of measuring both mean and fluctuating heat transfer

rates up to frequencies of 1 MHz. High-frequency Kulite pressure gages are capable of accurately providing the mean

pressure and the fluctuating level up to typically 300 kHz. Skin friction instrumentation using floating-element balances is

capable of measuring up to 5 kHz in frequency response which basically must be regarded as a mean measurement. Thin-

film and calorimeter heat transfer elements are illustrated in Figures 4-12 and 4-13, and a description of these techniques can

be found in Reference 1.* The skin friction gage used in earlier programs in the shock tunnel is shown in Figure 4-14.

The gage is based on a single-component force balance and contains extensive accelerometer compensation.

. 1. "Large Energy National Shock Tunnel (LENS)-Description and Capabilities," Calspan-UB Research Center,
February 1991.
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Figure 4-12 THIN FILM HEAT TRANSFER INSTRUMENTATION
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Figure 4-13 TYPICAL CALORIMETER INSTRUMENTATION TO BE USED IN LENS FACILITY
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!7
Intrusive Flowfield Measurements

3 Three sets of instrumentation will be used to probe the flowfield under low-enthalpy conditions. These are mean-

frequency pitot probes, total temperature probes, and thin-film probes. A typical probe assembly is shown in Figure 4-15.

3 The Kulite-based high-frequency pitot probes have a frequency response of 300 kHz. The total temperature gages and the

thin-film gages will give us the ability of measuring fluctuations of up to 1 kHz. Both the pitot pressure and thin-film3 instruments can be used to obtain turbulent scale size in the mixing region of the flowfield.

Non-Intrusive Flowfield Instrumentation

We will be using a number of non-intrusive flowfield measurement techniques during the validation studies.

Later, we hope to incorporate more techniques, such as LIF, as these techniques mature. As mentioned above, we will use

holographic interferometry to determine the distribution of the density in the flowfield. This will enable us to determine

the boresight shift for direct comparisons with the boresight-shift data obtained from line-of-sight measurement through the

window. We have used the electron-beam technique in earlier shock tunnel studies to obtain mean and fluctuating density

measurements across turbulent boundary layers in hypersonic flow. Static temperature measurements can also be obtained

at the same point that the density measurements are made. A typical electron-beam setup, in which measurements were

made across a 60 cone, is shown in Figure 4-16. The mean and fluctuating densities across the boundary layer are

determined by measuring the mean and fluctuating intensities of emitted light at the measurement stations across the

boundary layer. Typical measurements of the density and temperature distributions across a 0.6-inch-thick boundary layer

over the cone are shown in Figures 4-17 and 4-18. The static temperatures at the various measurement stations across the

boundary layer can be deduced from measurements of the fluorescence spectra. It can be seen that large fluctuations in

density occur ir the middle of the viscous layer that give rise to serious aero-optic distortion. By correlating the outputs

from the 10 individual measurement stations across the boundary layer, it is possible to obtain measurements of the

turbulent scale size as well as the density and temperature across the flow.
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Section 5
AERO-OPTIC INSTRUMENTATION

Physical Research, Inc.

5.1 Overview of Aero-Optics Effects

The optical effects of the turbulence depend on the scale and level of fluctuation in the index of

refraction. For air or nitrogen coolant gas, the index of refraction is directly proportional to

density. Alternatively, when a second gas type is used for the coolant, perhaps helium or carbon

dioxide, the index of refraction of the mixture depends on the local concentration of each

constituent and number density. When a monotonic gas (i.e., helium is used, the mixing layer is

essentially composed of two gases, air and helium. However, when higher molecular weight

gases (i.e., carbon dioxide) are used, chemical reactions may occur in the high temperature portion

of the mixing layer. In this case, the local composition of the mixing layer will include a variety of

species or constituents. In all cases, the scale and level of the fluctuation in the index of refraction

of the mixture determine the optical properties of the mixing layer.

Optical propagation through the nonuniform media induces wavefront distortion in the collected

target radiation, as different rays collected by the sensor aperture encounter different optical path

lengths in the coolant turbulence. The variation in the optical path length within the aperture

distorts the otherwise planar wavefront, and magnitude of the distortion is characterized by its

variance from a plane wave. The spatial frequency at which the phase changes across the aperture

is characterized by a length scale which is typically taken as equal to the nominal dimension of the

turbulence cells. For a planar wavefront, the sensor telescope will form a nearly diffraction limited

image on the focal array. The basic characteristics of the image are its brightness and its size. The

brightness is expressed as a Strehl ratio, which is the ratio of the peak brightness to the diffraction

limited brightness and the image size is expressed in angular dimensions which encircles or

encloses a large fraction of the collected energy. These image properties begin to degrade as the

RMS distortion increases above 1/10 wave. As the distortion exceeds 1/3 wave the image becomes

dramatically degraded.

5.2 Introduction

Hypersonic endo-atmospheric interceptors, which utilize optical seekers, experience strong aero-

optical distortions produced by coolant turbulence in the flow over the seeker window. Flow

induced optical distortions produce boresight shifting and blurring of target images. Bore-sight

shifting of the target can be corrected by advanced guidance algorithm. However, the more

dramatic effects of target blurring results in large reductions in image brightness, due to spreading
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of the collected target energy over a larger number of pixels. The following are several problems

caused by strong target blurring:

1) the peak intensity of the target image is dramatically reduced from the diffraction-limited

value;

2) in the presence of "real-world" background noise sources (i.e., detector noise, natural or

, Alear; and flow luminosity), reduced image brightness will delay target acquisition to

shorter ranges and reduce homing times;

3) increase in image size to 5 or 10 times the diffraction limited image is a source of

uncertainty in target line-of-sight, which contributes to miss distance.

Rackground

The effects of coolant turbulence on wavefront distortion and the resultant focal plane intensity

distribution are illustrated in Figure 5-1. The shear layer formed between the hot shock layer gases

on the interceptor forebody and the injected coolant on the sensor window is characterized by large

velocity and temperature gradients. Since the pressure is relatively constant over the sensor

window, the density varies inversely with the temperature. The strong velocity gradient results in

rapid development of turbulence levels, which are characterized by large fluctuations in the gas

velocity, temperature and density. The characteristic dimension of the turbulence cells, or the

integral scale, grows with the thickness of the mixing layer. The mixing layer thickness grows as

the flow moves over the sensor window. The radiative induced degradation of focal plane imagery

is illustrated in Figure 5-2.

5-2
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S.3 Instrumentation

The AOEC objective is to establish a center in which aero-optic performance capabilities of seeker

window designs can be consistently evaluated in ENDO-LEAP environments. The six tasks are

(1) develop and fabricate instruments, (2) software development, (3) calibration, (4) install and

test, (5) data reduction and analysis, and (6) reporting. These tasks are further subdivided in

IFigure 5-3.

Five (5) instrumentation systems as delineated in Figure 5-4 will be developed and installed in the

AOEC facility for the the purpose of:

jHolography
Imagery

Boresight/Jitter

Radiometry

Spectrometry

providing sensor performance evaluation.

The wedge seeker window material will be fused silica with transmission from 0.28 to 2.3 Rm.

The window dimensions are for a 2 inch beam diameter, (i.e., 3.2" x 4.5" x 5"). The window

frame accomnodates the coolant system. The light source aperture windows provide 20 and 40Idegree LOS optical paths. These windows will also be fused silica and utilize flush mount frame

design. IR window materials were identified as ZnS, ZnSe and Ca F2. Additional information is

Ishown in Figure 5-5.

The optical system will be coupled to the LOS through beam ducts, designed to operate in the UV,

VIS and IR bands, as shown in Figure 5-6. LOS angles will range from 20-60 degrees. Stable

platforms exist within the beam ducts to mount optical components. An optical aperture of 50.0

mm diameter is available.

HI is a powerful diagnostic system which has been successfully used to measure wavefront
distortions in previous aero-optics tests.

The AOEC HI system, as shown in Figure 5-7, will record up to six (6) holograms at variable time

separations, (spacing from 1 - 100 ms). This repetition will provide an evolution of wavefront

Rr -921001 5-5
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errors and statistical information. The holograms are exposed in the red band, (ruby = 0.69 pan),

and will utilize an F20 telescope to resolve better than 100 tm in spatial dimensions across the

wavefront. When weak wavefront distortions are to be measured and high accuracy is needed,

advanced HI analysis will be used to achieve accuracy better than 1/100 waves. Software will be

available to provide point spread and modulation transfer functions for IR bands.

PSI systems using visible and IR wavelengths will be available to provide imagery. The visible

system will utilize coherent light and several coherent optical components to provide PSFs in rapid

succession, perhaps 100 jim intervals. For example 16 images will be exposed on 128 x 128

pixels sectors of a 512 x 512 pixel CCD camera, all during a 3.2 ms period of facility operation.

The visible system will use a HeNe laser, 0.63 lam. The exposure time of each image will be

variable from 1-100ps, or longer. The sensor telescope will provide four pixel samples across the

diameter of the Airy disc. These systems are shown in Figure 5-8.

The IR PSI system will utilize a black body source and an IR sensor. The black body will be

subresolved and appear as a point source to the sensor. The IR system will utilize a small FPA

(w200 x 200 pixels) with 1000 frame/sec readout. Each frame will contain a single image. Again,

any Airy disc diameter of four pixels is available. The IR PSI system will be available in bands

within the 1-5 pm range.

Visible and IR imaging systems have been described. The visible device uses a laser and CCD

camera. Acoustic-optic beam deflectors will scan the LOS during the short duration test, allowing

image exposure durations form I ms to 200 ms. The IR device used a black body source and an IR

sensitive FPA. The FPA would be PtSi or InSb and achieve a frame rate of 1000/sec. Further

description is given in Figure 5-9.

The visible and IR PSI instrument specification requirements for wavelength, optical component

materials, camera technology, frame rate, integration times, and applicability are identified in

Figure 5-10.

BSE system will be available to measure LOS offsets produced by aero-optics. The BSE will

utilize LOS of 20, 40 and 60 degrees. The centroid sensor will be sampled at 10Mhz and have

frequency response over 1Mhz. The centroid sensor range/accuracy will be 1.5 milliradian and 10

gradian, respectively, as shown in Figure 5-11.

MW"- 1 5-11
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An IR radiometer will be available to measure the absorption/emission of the shock/coolant layer,

as shown in Figure 5-12. The sensor will look through the flow and a chopper wheel at a black

body, before, during and after a run. The chopper frequency will be up to 10Khz. Sensor

response will be available up to lOms and in the MWIR and LWIR bands.

The IR spectrometer (Figure 5-13) will be available to measure spectral radiance in the SWIR,

MWIR and LWIR bands. The spectral resolution will be 0.1 P&m or better. A black body reference

will provide calibration.

5.4 Programmatic Issues

Six tasks are planned to accomplish the aero-optic instrumentation task; including (1) hardw- -e, (2)

software, (3) calibration, (4) testing, (5) data reduction and (6) documentation. The sche. - is

shown in Figure 5-14. The hardware task will design and fabricate the instrumentation systems

described in the previous charts. Software to operate instrumentation and to analyze data will be

designed, implemented and integrated with the hardware instrumentation systems. Calibration of

each instrument will be achieved first in the laboratory and later in the shock tunnel facility.

Testing will be initiated after installation of the instrumentation systems into the LENS facility.

Data reduction will be performed in parallel with the test activities.

The program plan for the 96" hypersonic shock tunnel (HST) test includes test objectives,

instrumentation requirements and task plans (Figure 5-15). The test objectives are to measure

RMS wavefront distortion, image degradation and Line-of-Sight deflection. Image resolution

parameters (PSF and MTF) will be computed. The instrumentation requirements incorporate the

use of the PRi holocamera, holographic reconstruction, fringe analysis, and tunnel-laboratory

interface tubes. The task plan includes the initial modification and adaptation of the existing

holocamera reconstruction, analysis, and instrumentation and of the design, assembly and

installation of the tunnel-lab-interface tubes. The task plan is finalized by the conduct of the test

through data analysis, reduction and report.

PRi will install and conduct a holograph measurements experiment on wedge tare models in the

96" facility in the Fall of '91. A top view of the optical system, the beam coupling tubes and the

tare model is shown in Figure 5-16.

Holographic Interferometry (HI) is accomplished through the interference of wavefronts, as shown

in Figure 5-17. In one case, the wavefronts are recorded before and during the flow; and in the

R -WOnM0 5-16
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other case both wavefronts are recorded during the flow. The holograms are recorded on high

resolution film which requires wet chemical processing. The drying step completes the hologram

process. The hologram plates are illuminated with a CW laser to reconstruct the flow and without

flow wavefronts. The interference of these two wavefronts creates fringes which represent the

flow induced phase distortions. Image analysis is used to measure the phase map, RMS phase and

associated PSF and MTF.

The holographic methods are accomplished through "Double-Plate" or "Double-Pulse" techniques

(Figure 5-18). For the Double-Pluse technique, holograms are exposed before and during the, flow

on individual plates. These plates are placed together in reconstruction, hence "Double-Plate", and

the resulting interferogram depicts an absolute phase map of the flow field. For the Double-Pluse

technique, both holograms are exposed during the flow on a single plate. This plate is illuminated

in reconstruction, in which each hologram replays a wavefront. The resulting interference depicts

the difference between the two stored wavefronts. As such, the Double-Pulse technique is ideally

suited for measurements of turbulence.

The seeker model and light source aperture requirements deal mostly with vibration and flow on

quality across the optical path. The structure must not transmit vibration to the optical platform and

the optical windows must not be distorted by mounting frame torques or through distortion of the

structure. The design of the structure must not disrupt the quality of the optical path. As such, the

structure must be aligned with the flow and its leading edge and its surface must be designed to

minimize the boundary layer influence on the window.

The TLI structures are the model support tube, the beam optics tube and the wind shields (Figure

5-19). The model support tube, MST, includes the seeker model, the source window, mechanical

isolation from the tunnel walls and the wind shields, and air tight bellows between the MST and

the tunnel walls. The beam optics tube, BOT, is housed within the MST and is suspended from

the optical platform which sits on the facility floor. The BOT does not contact the MST. The

optical beam (2 inch, diameter) is coupled through the BOT and pointed through the light source

aperture window in the MST. The wind shield deflects strong airflows from the MST and is

mounted to the tunnel structures.

The OBT design includes mechanical and optical specifications. The mechanical specifications are

for table mounting, light source windows for 20 and 40 degree LOS viewing angles, access ports

for mirror and lens adjustment, 4 x 4 inch cross section for in flow sections, lense and mirror

mounts and seeker head optical platform. The optical components are mirrors and lenses. The

par4-92Js 5-23
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optical specifications of the mirrors are defined by a 2 inch beam diameter and for high reflection in

visible and IR bands. More complete specifications are given in Figure 5-20.

The preliminary design (Figure 5-21) of the Optical Beam Tube (OBT) achieves a weight of 70

pounds and a 5x5 inch crossection with 0.25 inch wall thickness. The OBT mounts on the optical

platform and houses the relay mirrors and lenses.

A tunnel airflow quality test is planned to measure the background levels of optical distortion due

to LSA window turbulence and freestream turbulence. This test is shown schematically in Figure

5-22. A MIMIC model is identified to mimic the LSA window flow. The optical experiment

measures twice the background level produced by the LSA.

The conceptual design was completed in September 91. The detail design, fabrication and

assembly will be completed in the Fall of 1991. The installation and test will be completed in the

Winter of 1992. This schedule is further delineated in Figure 5-23.

PRi will interact with BAA and ENDO LEAP contractors to insure that sensor apertures can be

evaluated in the AOEC facility with a minimum of alterations. It is expected that the generic

refractive/radiative evaluation instruments under development for the AOEC facility will form the

basis for evaluation of BAA and ENDO LEAP contractors' sensor apertures. Tasks completed in

the BAA integration efforts are summarized in Figure 5-24. BAA seeker aperture concepts are

categorized into optical, millimeter wave and dual mode systems in Figure 5-25.

The following tasks will be completed during a follow-on study:

Optical seekerhead evaluation capability will be achieved for refractive and radiative
degradations.

Existing holography instrumentation will be reconfigured to perform early parameter design
experiments, 96" test.

Based on these prototype experiments, the final design parameters for the A-O
instrumentation will be selected and constructed.

Provisions for instrumentation adaptation to BAA and Prime contractor seekerhead designs
will be made.

Final A-O instrumentation suite will be tested in LENS facility to achieve calibration of
facility and evaluation capability.
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I Section 6
ANALYSIS OF FACILITY PERFORMANCE AND VALIDATION

EXPERIMENTS
University of Alabama-Huntsville/Aero-Thermo Technology, Inc.

6.1 INTRODUCTION

The design and development of a small effective seekerhead is one of the most

important and difficult challcnges in the development of advanced endo-atmospheric

I interceptors. The program at CALSPAN-UB is based on the potential to reduce significantly

the scale of an endo interceptor. This scale reduction potential was demonstrated in recent

intensive and successful miniaturization programs. While the size of the sensor head can

1 potentially be reduced, however, the aperture of the system is much more difficult to downsize.

Retaining aperture size on a smaller seekerhead can be achieved only by increasing the

percentage of the nosetip through which the target is viewed. This naturally leads to placing

the optical components in the more severe aerothermal environment close to the small nosetip.

For the design of such a seekerhead, effzctive cooling and aero-optical performance become the

key issues.

Designing a small sensor head with a large usable aperture requires a very sophisticated

window and cooling system configuration. Basically the coolant injection system must occupy

a very small part of the surface area and yet provide an effective coolant layer with a minimum

of optical distortion. The basic problem in seekerhead development is that while the current

design tools are potentially capable of providing good estimates of the cooling requirements,

these techniques do not accurately predict the aero-optic distortion associated with turbulent

mixing and flowfield radiation over the windows. These inadequacies are intrinsically related

to a lack of understanding and inability to model turbulence and nonequilibrium chemistry in

hypersonic flight. Even for the simplest seekerhead configuration it is unlikely, even with an

aggressive program of fundamental experiments and analysis, that aero-optic distortion or

flowfield radiation will be predicted with the required accuracy in the near future. However,

because of the relatively small size of advanced endo-atmospheric seekerheads for velocities up

to about 14,000 ft/sec, it is possible to duplicate the flight environment in ground test facilities.

The LENS facility is under development at Calspan-UB Research Center to evaluate directly

the aero-optic and aerothermal performance of candidate seekerheads as well as provide direct

calibration of prediction techniques.

In Section 6-2 we discuss our initial efforts to select state-of-the-art flow solvers with

capabilities for determining the inherent salient flowfield features such as turbulence and

reacting chemistry. In addition, the codes selected are capable of treating interceptor nosetip

and forebody transpiration cooling in turbulent flows at hypersonic speeds.

I
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I The information in Section 6-3 presents the capabilities and solution techniques for two

state-of-the-art flow solvers with the desired capabilities to support the Calspan-UB effort.

j Section 6-4 presents results obtained from these two codes compared to experimental data.

Parameters investigated include grid structure, number of grid points, chemistry model and

I turbulence model. The experimental data utilized are from Calspan's 48" and 96" shock

tunnels. In Section 6-5 the results for predictions of the flow in the LENS "D" nozzle areIpresented; and finally in Section 6-6, calculations are reported for the flowfield properties over

a model to be used in the validation experiments in the LENS facility.

6.2 BACKGROUND
The General Aerodynamic Simulation Program (GASP) was chosen because it appears

to be the state-of-the-art in CFD, offering many options including upwinding, chemical

kinetics, numerical solution methods, blocking and nonequilibrium thermodynamics.

j However, the one shortcoming which GASP presently has is a deficiency in turbulence

modeling. GASP currently uses the simple algebraic model to Baldwin-Lomax (Ref. 1) to

determine eddy viscosity. This was orignally developed to predict heat transfer and skin

friction for simple flat plate boundary layer flows and the spreading of two-dimensional shear

layers. Using this model, the GASP code was used to predict the wall quantities, heat transfer

and pressure for the experimental conditions reported by Holden et.al. in Ref. 2 for a wall
bounded shear layer and a wall bounded shear layer/shock interaction experiment shown in

Fig. 6-1. Results of these calculations, presented in Section 6-4, show reasonable agreement

for pressure and good agreement for heat transfer when the grid is adjusted properly.

A second code chosen to predict the wall quantities of this experiment was the

I Multiphase All-Speed Transient Flow Solver (MAST), Ref. 3. This code is a two-

dimensional, pressure based, time dependent Navier-Stokes solver, which has a highly

developed k-e model to determine the eddy viscosity coefficient. The purpose of these

calculations was to demonstrate improved accuracy when using an appropriate turbulence
model and the deficiencies of using a simple algebraic formulation.I

'6.3 CODE DESCRIPTION

6.3.1 The General Aerodynamic Simulation Program (GASP)

The GASP code is capable of solving the complete (Reynolds-averaged) Navier Stokes

(NS) equations on structured hexagonal meshes. Subsets of the complete NS equations,
including Thin-Layer Navier-Stokes, Parabolized Navier-Stokes, (PNS), and

6-2
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I!
3 Euler equations may also be solved. GASP provides the user with various time

integration/solution algorithm choices, ranging from explicit to implicit factored/relaxation

3 algorithms. Space-marching regions of supersonic inviscid flows as well as PNS.

simulations are allowed and can be mixed with regions whose behavior is elliptic in
character. GASP incorporates a general multi-block or zonal feature that allows the user to

construct grids by piecing together individual blocks of grids. The patched grid interface is
contrained to be one-to-one correspondence. There are no constraints, however, on how

blocks can be linked together. Moreover, the choice of solution procedures among the
zones is quite flexible.

1 The present calculations were made from solutions of the full Reynolds-averaged

Navier-Stokes equations using multiple block grids. Numerical experiments were3 conducted to determine the effect of grid densities on the wall quantities. With the blocking
capabilities of GASP, gridding changes were made in the zones of interest near the wall

and just downstream of the coolant jet while maintaining the same external flow structure

and grid density.

The discretization of the inviscid fluxes can be accomplished by means of flux-

Isplitting techniques. Originally developed for a perfect gas, these methods have been

extended to flows in chemical equilibrium, and to mixtures out of chemical and thermal

II equilibrium. These techniques are very accurate and robust when used for transonic,

supersonic and hypersonic flows, and are fully compatible with the conservative finite-3 volume, shock-capturing approaches found in GASP. For the calculations presented here,

the approximate Riemann solver due to Roe was used. Previous experience has shown this3] to be somewhat less robust but more accurate than some of the other flux-splitting

techniques.
The slot cooling experiment of Holden et.al., simulated by this numerical study,

utilized helium as the coolant. The gas model used for the GASP calculations was based
on a mixture of nitrogen and oxygen to simulate the free stream and helium for the coolant.

Baldwin-Lomax Turbulence Model

The algebraic turbulence model used for these calculations is based on the Baldwin

and Lomax model, Ref. 1. When turbulent flow analyses are required, the viscous

coefficients are modified as follows:

9 Total = I=
Ictotal __ 9T

Pr = Pr + rT

6-4



I where gL is the turbulent viscosity, and Pr is the turbulent Prandtl number -0.9. For

bounded flows the turbulent viscosity is computed from

I T= Ree(V

where A +)d (1 -

d = "7%(X x) Z + (y' yw)7 +- (Z J2

d= Re e dl/,

IV
6-3-2 Multiphase All-Speed Transient Flow Solver (MAST)

The MAST code solves the complete Reynolds-averaged Navier-Stokes equations

on a body-fitted generalized non-orthogonal grid system. This code was developed at

UAH for a typical sub/supersonic spray combustion condition. The governing equations

of the gas phase are solved by means of a control-volume based finite-difference method in

a time-marching fashion. A second order accurate, central differencing scheme is used for
the diffusion terms, and a TVD type upwind scheme is used for the convection term. The
implicitly coupled pressure and velocity equations are solved by an operator-splitting

I algorithm (Ref. 3), with individual equations being solved by an efficient conjugate

gradient matrix solver. In the MAST code, a generalized equilibrium chemistry subroutine,

I utilizing the minimization of Gibbs free energy (Ref. 4) technique, was used for

thermophysical properties of the multi-species gas mixture with the aid of the JANAAF

data base.

Turbulence in the flow field is accounted for by means of an eddy viscosity

formulation based on the two equation k-e model. With this model, the effective transport

coefficient for momentum and energy are given by:

g eff= g+ it

Keff K 9t
Pr Pr + Pi

where it Is to be

it k2

p6-
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I

and Pr is the turbulent Prandtl number (=0.9). Turbulence quantities k and e are solved by

their respective transport equations as follows.

C) aa tL t kkPI - U_. - ( p Ui ) P-"

Cuj - tp (1)
-P u'iu'j f xj p2 5j Xj"-Pe

I aa a 4~t
a (pe) + i (pUie) = i [( R+- )T]

__ aui A p eP £2
C k u ij xj p2 C2p k (2)

I The constants appearing in equations (1) and (2) have the values:
8 k = .0, Be = 1.3, C1 = 1.43 C2 = 1.92

and the Reynolds stresses are related to the mean flow gradients by the Boussinesq

equation:
j a,± 2 DUk

- Pu'iu'j lit [ + - ) -3 -X Sij
* 2

3 PkSij

The boundary conditions for the flow fields and turbulence quantities as well as the
temperature field are applied by means of the "wall functions" (Ref. 5). In the wall

function formulation, the boundary conditions for velocities, k, e, and temperature are not

applied at the wall but are applied one point away from the wall. This wall boundary

condition treatment has the advantage of eliminating extra fine grids very near the wall.

I The behaviors of the field variables were then prescribed by the universal functions based

on the equilibrium layer profiles as follows:
iup = I1 n E+I Up~ =" In [Eyp u*/V] =1 In [Ey+]I u* k k

Tp-Tw hr

q* - k In [Eypu*/V] + & lPa

and u* is the friction velocity, evaluated as

w - [pkCg. vdkp 'a

TW In [Ey+ ] Up
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I
I -- " and q is evaluated as

qn

pCpu*
8L SL

PS is given as: 9(S-T 1)

Finally, the wall functions for k and e are given as:

I kfCg-y2Uj 2

and ip Cg "4 kp 3 2

3 Results presented in Section 4 were obtained from the MAST code and were solved on a

single block 59 X 71 grid. Total storage requirement for the problem was approximately

0.43 megawords on the CRAY XMP-24.

6.4 COMPARISON OF CODE PREDICTIONS IN FILM COOLING
MEASUREMENTS

Results of the calculations presented here are shown to demonstrate the accuracy

-- and applicability of the two CFD codes chosen to predict flow properties about high

performance endo-atmospheric interceptors.

The experimental configuration depicted in Fig 6-1 shows a shock generator and a

slot for a wall jet of coolant. The experimental study was conducted to determine the

interaction between a planar shock wave and a wall jet produced by slot cooling in a

turbulent hypersonic flow. The studies were conducted in the 48-inch shock tunnel at

Calspan at a freestream Mach number of 6 and a Reynolds number of 35 x 106. The planar

wall jet was generated from 40 transverse nozzles of two heights, 0.08 and 0.12 inches

producing a flow Mach number of 3. The nozzles were operated at pressures which

produced exit pressures matching the freestream and also pressures higher and lower than

freestream. Helium was used as the coolant for the cases investigated here.

The shock wave from a two-dimensional shock generator impinged on the lower

plate thus producing a separated flow in the shock/coolant layer region. Results of the

experiments show that shocks could easily disperse the coolant. Moreover, the peak

heating in the reattachment region was not significantly reduced by even high levels of

coolant flow rates. Calculations for three cases taken from Ref. 2 were performed.

I -

U



6.4.1 Results for Simple Wall Jet Cooling (Run 44)

The first case was Run 44 which was a case where no impinging shock interacts

with the coolant layer. Calculations were made with both the GASP and MAST codes to

compare the performance of the respective turbulence models discussed in Section6-2.The

freestream and helium coolant exit conditions are listed in Table 1.

- case 44 case 50 case 56

M 6.43 6.4264 6.4362

T (K) 141.43 139.89 136.03

P (N/m2) 7348.39 7375.32 6882.49
Air AngleD 0. 8. 8.

X (inch) 6.88 6.88 6.798

Y (inch) 3.5 3.167 1.959

3f M 3. 3. 3.

He T K 73.34 73.34 73.34

P (N/m2) 5647.50 7487.71 13086.25

Freestream and Helium Coolant Exit Conditions

I TABLE 1

Three grid densities were used for the GASP calculations to determine if a grid

I dependence was present and if the solution converged to the correct pressure and heat

transfer levels as the grid became finer.

Three grids become increasingly finer in the region downstream of the wall jet and

are designated I, II and Ill. In Fig. 2a,bc the nondimensional y+ dimension at the first grid

point off the wall is plotted versus distance down the wall. The y+ for the grid on the flat

plate ahead of the wall jet is constant for all three cases. However, aft of the wall jet it is

easy to see y+ becomes increasingly smaller as the grid becomes finer.

In Fig 6-3 the predicted pressure is plotted for the three grids used for the GASP

calculations. The experimental data show a great deal of scatter where one would not

expect a wide deviation such as the flat plate region in front of the wall jet. In Ref. 2,

schlieren photographs show nonuniform flow and shock waves on the flat plate area

6-8
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I

indicating a disturbance in the flow which could possibly cause the wide scatter in the

pressure data. Predicted pressure for all three grids shows fair agreement with the

experimental data.

GASP heat flux predictions along the wall using the three grids are shown in Fig. 6-

4. The turbulent flat plate predictions ahead of the wall jet show good agreement with the

data as might be expected since the Baldwin-Lomax turbulence model was used. At

locations downstream of the wall jet outlet, the grid dependence is shown for the three

grids. The best agreement with the experimental data was for the case with the medium

density grid. Further refinement of the grid caused GASP to overpredict the heat transfer.

Density contours of the helium coolant are shown in Fig. 6-5 for the wall jet region.

The extent of turbulent mixing diffusion of the helium in to the freestream can be seen.

In Fig. 6-6 the predicted pressure, shown on expanded scale taken from calculations

with the MAST code, is shown. Agreement with experiment is well within the experimental3 scatter.
The MAST code prediction for heat transfer is shown in Fig. 6-7 for Run 44.

Agreement with experiment is excellent on the flat plate portion upstream of the wall jet and

also downstream of the wall jet thus indicating that the k-e turbulence model is appropriate

in both regions. For these calculations a 59 x 71 grid was used, and no grid dependence

was noted when several grid densities were used.

6.4.2 Results for Shock/Coolant Layer Interaction (Run 56)

Calculations were made for Run 56 conditions with the GASP code and two grid

densities in the wall jet region. For this case, the freestream and helium wall jet exit

conditions are also given in Table 1.
In Fig. 6-8a,b the grids used for these calculations are shown. The grids are the

same for the region upstream of the wall jet exit. Downstream of the exit plane, however,

Grid I has a 30 x 39 density, while Grid II has a 36 x 32. For these calculations the non-

dimensional y+ of the first grid point away from the wall is shown in Fig. 6-9a,b for both

grids. This figure also shows that the y+ for Grid I is closer to the wall and should give

better resolution of the heat transfer.

Figure 6-10 shows the wall pressure for this case. Predicted pressure upstream of

the wall jet shows agreement within the experimental scatter of the data. The data show a

steep rise in pressure due to the shock impingement downstream of the jet exit at a station of

about 32.5 inches. The predicted pressure rise occurs at a station of about 35.0 inches

which corresponds more closely with the heat transfer rise shown in Fig. 6-11. The slope

of the rise approximates that of the data; however, it occurs downstream of the actual

6-13
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I
I

location because of the inadequate turbulence model. Pressure predictions for both grids are

in agreement.

The heat transfer prediction shown in Fig 6-11 for Grids I and II agree with the flat

plate data upstream of the wall jet. At the wall jet and shock/coolant layer interaction

region, however, the GASP code predictions are in disagreement with the data due to the

lack of a suitable turbulence model for a shock interaction region.

6.4.3 Results for the Shock/Coolant Layer Interaction (Run 50)

Calculations were made for the Run 50 conditions using the MAST code with a

single 59 x 71 grid. For this case the freesteam and helium wall jet exit conditions are

Ipresented in Table 1.
In g, 6-12 a qualitative plot of the Mach contours is shown for the entire flowfield.

The gradients depict the shock and shock/coolant layer interaction region. MAST shock
waves are not as sharp as GASP shocks because the shock capturing numerics in GASP

are superior.
Comparison between calculated surface pressure, shown in Fig 6-13, and the

experimental data shows excellent agreement. The location of the shock impingement,

separation and reattachment is quite good. The magnitude of the peak pressure at the
reattachment point is also excellent.

IIn Fig.6w. heat transfer prediction is compared with the experimental data.
Agreement is good upstream of the jet exit and most of the coolant jet region. Heat transfer

Ithrough the separated region is also good. However, the peak reattachment heating was
over predicted by the MAST code even though the location was in agreement with the

experimental data.

I
I
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II

I6.5 PREDICTION OF HYPERSONIC NOZZLE PERFORMANCE

IPreliminary calculated results are presented for the Calspan-UB Research Center "D"

nozzle. The data shown in Table 1 are for the shock tunnel operating conditions that were

Iutilized to initialize the nozzle calculations. The nozzle wall contour was curve fit utilizing the

coordinates presented in Table 2. Two different contours were curve fit corresponding to

Ithroat diameters of 1.6 inches and 0.964 inches.

I TABLE 1

CASE DRIVER To (0 K) Po (ATM) Throat Dia. (inches)

1 Helium 1560 1500 1.6

2 Helium 3500 1500 1.6

3 Hydrogen 6000 1500 0.964

4 Hydrogen 6200 1200 0.66I

I Fi& 6-15 depicts a typical grid structure generated for the calculation of the nozzle
flow properties. The grid was arranged to provide high nodal density in the region of large

Igradients and correspondingly fewer grid points in the regions where gradients are small.

Calculations were performed utilizing k-e turbulent viscosity models with a wall

function to predict the boundary layer growth on the nozzle wall. The finite rate chemistry

model used is from Ref. 5 and comprises 6 species with 11 reactions as shown in Table 3.
fg 6-16 shows the Mach number contours for the operating conditions of CASE 2. Note

that both the nozzle wall curvature effects as well as the wall boundary layer effects are well

outside of the flow region where test models well be located. Approximately 75% of the

flow appears to be very uniform as it approaches the exit plane of the nozzle.

Fi= 6-1"ad6-18. present contours of the pressure and temperature for CASE 2. Exit

plane profiles of Mach number, pressure, temperature and velocity are shown in Figt= 6-19

tz*g 6-22, respectively.
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1
I

I REACTION KINETIC DATAEMPLOYED IN NUMERICAL CALCULATIONS

REACTION THIRD SOOY FORWARD RATE CONSTANT kF
N (cm3Imole sec.)

1. 02+ N 20 +N 023.6 x 1021 T 1  exp (-117960)
1 - 02 2 + M 3.6 ROT T

2. 02 + 2g.N 0 2.1 x 1018 T 0 .5 exp ( 17960)

i 3. 02w+V 20 + N N2,Ar,,NO 1.2 x 1021 T1 "5 exp (-117960)
ROT

1 1. N2 + N 2N + N N2 3.0 x 1021 T'1.5 exp (- 224990)

ROT

S. M2 + M4 2N + M N 1.5 x.,1O 22 T- 1.*S x 224990)

6. N2 + N 2N + M 02 ,Ar,O,XO 9.9 x. 1020 T "I's exp 2249902 ROT

7. NO + m x + 0 + 1 02 ,N2,Ar,C.N,NO 5.2 x 1021 T 1.5 exp (1 149960)I RoT

8. x + 02rNO + 0 1.0 x 1012 TO 'S  10-ZO)

9. 0 + N2 9 1NO + N 5.0 x 10! 3 exp (75520)
ROT

10. 0 rx + NO 9.1 x 1024 T2.5 *xp(- 129120)

2 10 +0 N27" ROTO

I,

I1I. NIo+ + .e ma--N + 0 x'4 10 2 1-T ' s

TABLE 3 HS t
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6.6 PREDICTION OF FLOWFIELD AND SURFACE PROPERTIES
OVER TARE TEST MODEL

The single aperture two-dimensional TARE configuration shown in Figure 6-23 was

analyzed. Initial calculations were performed using the "D" nozzle exit conditions of Case 2

I from Table 2. The solutions presented were calculated with a finite rate air chemistry model
and utilized a k-E turbulence model. The injectant nozzle exit height was 0.27 inches andI the working gas was N2, assumed to be stored at 300"K. The N2 was expanded to a Mach

2 exit condition maintaining a balanced jet constraint at the interface with the main stream

flow over the body.
ii Figure 6-24 presents the grid network which was set up for the solution of the

flowfield. The grid was divided into four sections corresponding to: 1) nose, 21 x 21,S 2) afterbody, 31 x 21, 3) window area, 61 x 41.

Mach contour plots are shown in Figure 6-25. These results clearly indicate the bow

shock and subsequent wedge shock over the body as well as the slight disturbances created

by the mixing of the coolant layer with the main stream flowfield. Figures 6-26 and 6-27
present the corresponding pressure and temperature contours.

Heat flux over the window is depicted in Figure 6-28. Note that the heating rate is

negative (indicating cooling) over the entire length of the window. For the assumptions

employed this indicates that the window is over cooled and thus the amount of coolant can

be reduced. The next iteration planned will alter the injector size to reduce the coolant flow.

6.7 CONCLUSIONS

Calculations were made with two advanced CFD codes to predict the surface quantities,

pressure and heat transfer, for two experimental configurations. Calculations with the GASP
code were made to investigate the accuracy and robustness of the numerics for stressing

calculations and to assess the need for further development and refinement, especially
turbulence modeling. Calculations with the MAST code were made to determine if a more

highly developed k-e turbulence model would increase the accuracy of the calculations.
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I
I Comparisons between predicted quantities with experimental data show that the

following conclusions can be drawn:

I. The GASP code has robust numerics and does a reasonable job capturing

shocks and flow discontinuities.

2. The turbulence modeling now in GASP is inadequate to resolve flows with
large adverse pressure gradients and separated regions.

3. The Baldwin-Lomax algebraic turbulence model now in GASP demonstrated
grid dependence for predicting heat transfer. Improved turbulence modeling
with a k-c model may negate the need for further refinement of the Baldwin-
Lomax model.

Preliminary calculated results have been presented for the "D" nozzle and for the

Ipreliminary TARE model design.

II
I
I
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Section 7
STRUCTURAL LOADING IN LENS FACILITY

Science and Technology Associates, Inc.

Studies of the Stress Levels and Motion of the LENS and 96" Shock Tunnel

7.1 Introduction

The stress/motion of the tunnel was initiated using two approaches:

*Numerical marching code

-Numerical solution to the wave equation

In general, for a rapidly applied load (i.e., an impact load) peak stresses of a + ia will be reached

where a is the static live stress and i is a coefficient of impact. These stresses may be as much as 2X the

static live stress and the strain is correspondingly large. However, where the body under impact is

sufficiently massive, the maximum stress is equal to the static live stress. For the time constant of

diaphragm rupture and energy involved, there will be no shock wave. The stress wave will be purely

acoustic.

An analysis of the system for the first 3 msec of action after rupture was performed assuming

that the Driver section was a massive rigid body. The 3 msec is approximately the time for the

stresswave to reach to nozzle throat and coincidentally is about equal to the time for the expansion

(sonic) wave to reach the west end of the Driver tube.
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A brief look at the relative deformations of the Driver and Driven tubes showing the

relative rigidity and confirming the rigid body assumption preceding, follows:

-16 t -- - 48ff f"t"

A2 - 40 In2

A 19 in

o,1 A 0 (MI + M a +o2A 2

FI.L << F12.
AxE A2E

E _ 16 << E _48
E 195 E40

0.82E << 1.2 E
*E E

Ratio = .06838

Deformation effects of the Driver are second order and can be neglected.
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7.2 Stress Levels in Driven Tube

Taking the Driver as a rigid body and using the force on the west end as due to the

entire internal area at peak pressure, the maximum possible movement in 0.003 seconds was

calculated and shown to be 0.108 inches. The static live strain for the Driven tube would be

0.0008 and the deflection would consequently be 0.50 inches. Since the tube end can only move

0.108 inches, this indicates that the Driver section is so massive that very little stress and strain will

be in the driven bar.

Using the basic equations as shown following the variation of stress with position in

the bar was calculated for various masses of the Driver, 100 lbs, 1000 Ibs, 5000 lbs, and 16000

lbs.

v, F .< a

F =LM a+aA

(r=E s.

As = S. Ax = vat +1 a t2 =SstsepVs

v = va + at

Step Size: Ax = tp x Vs4,w,.I,

Vsamwe = 16,800 ft/sec

Foyo
FO. a. o
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inch SF = + V# Vs

F=MdxVv dm

dt ct

For an acoustic wave

v -t I_ ___

p -- V.

compressed U m
material

NSO~t" -{VSW- U) t = 12

From Hooks law

_U = P
V,,, E

momentum of deformed material = pt

= Force t ime= IncrntP Unit Area Step

p -DensityUnit Aye U = Velocity of deformed material

V,= Velocity of stress wave
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I
-P V$WtU-- pt

- g VMAU AU= at

# P= Vsat due to V
g dt

Uni Fm (MOj9V$t)aa

IF ~M+R A Vswt) Msmp + cA

Driver Mst p Stress at end
If of step

I M Previous
steps

I
The bar position or slice was in - 1.0 ft increments. The figures 7-1 through 7-4, show

that until the lowest mass (100 Ibs), the stress right adjacent to the diaphragm doesn't build up to

the static live stress. Further even in this case, the mass build up of the driven tube keeps the

I stress/sain near zero by the time 10 feet of mass is added.

1 7.3 Support of Optical System Design

I Analytical support for the static and dynamic load effects was provided to Dr. J.

Craig of PRI in Irvine, CA. Copies of analysis were sent to CUBRC..

Support in the model mounting system for LENS was provided to CUBRC -. Axial

and bending deflections of the model support system were calculated as well as vibration

frequencies.

I
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Section 8
FLIGHT TEST SUPPORT

Sparta, Inc.

8.1 Introduction

The Aero Optic Evaluation Center (AOEC) is designed to provide accurate ground simulation and

measurement of endo-atmospheric interceptor seekerhead Aero Optic phenomena. Key to providing this capability is

the Large Energy National Shock Tunnel (LENS) facility. This shock tunnel can only provide partial simulation of

these environments. There are, however, certain aspects of shock tunnel testing that require validation by actual flight

measurements.

Two issues arise from the short (several milliseconds) test time. One is the uncertainty in results because

there is insufficient time to produce natural heating of the model. Therefore, the coupled effects of combined pressure

and heating are treated in an approximate manner. The other short test time question is whether or not the flow

phenomena have time to establish. CFD calculations indicate that sufficient flow establishment time exists, but it

must be remembered that these computer models themselves lack flight validation.

The final issue exists because of uncertainties in flowfield chemistry reaction rates. Those uncertainties

indicate that the dissociated shocked test gas may not have sufficient time (nozzle length) to recombine into air prior to

reaching the test model.

8.2 Flight Test Program

Objective and Approach

The objective of the SPARTA effort in support of the AOEC is to construct a high confidence flight test that

will validate the LENS ground test results. The approach taken is to provide maximum duplication between ground

and flight testing. This is achieved by selecting flight test environments that replicate ground test conditions; by flight

testing the exact seekerhead configuration that is ground tested; and by using flight instrumentation in ground tests.

The critical test environments require achieving 14000 fps at 100 kft. Currently no interceptor booster

system exists that can meet this requirement. The Army is developing such a system in support of the ENDO LEAP

program, but the risk associated with that system not being available in the near term is high. Therefore, a flight test

program based on existing sounding rocket tcchnology was examined. It was found that a "piledriver" approach

(launching near vertically, pitching over and firing down) could produce the required test condition using proven

sounding rocket combinations. This launch approach permits reduction in several high risk areas of testing, but not

without some degradation of desired measurements or experiments.

8-1



The Aero Optic measurements of interest that impact interceptor design/performance and require validation

include: flowfield radiation, attenuation, blur, jitter, boresight error, boresight error slope, window and forebody

thermal control performance. Table I shows a comparison between the new interceptor booster and existing sounding

rocket flight test scenarios.

What is apparent from the table is that while the interceptor launch provides the best measurement scenario,

the risk to mission success attributable to the undeveloped and unproven booster, shroud removal and target placement

system forces the sounding rocket choice. The test and experiment scenario selected by SPARTA is based on that

logic.

The specific experiments and test environment configured are:

I aunch Vehicle and Traiectory

-Piledriver three stage sounding rocket. Two stages up, remove the shroud exoatmospherically, pitch
over, gravity accelerate down, fire third stage down just prior to reentry and accelerate to 14000 fps.

.ENDO LEAP tetracone, internally cooled forebody and nosetip, film cooled sapphire window.
*Optics boresighted at 200 corresponding to LENS primary look angle.

Fxperiment and Instrumentation

-Dedicated onboard radiometer for flowfield radiation.
*Ground based radar guided Deuterium-Fluoride laser illuminating the vehicle.
-Dedicated onboard radiometers for laser detection and attenuation measurement.
*Onboard focal plane array for blur measurement.

Test Vehicle

*Large bus containing avionics, beacons, telemetry, experiment support equipment and booster
interface
-This vehicle (bus) capable of interfacing with ENDO LEAP and SDC BAA seekerhead concepts.

This experiment suite, seekerhead and test vehicle have been carried through conceptual design to prove test

scenario feasibility. The report from the next phase will contain details of experiment sizing, instrument

measurements specification, preliminary data processing and telemetry requirements and corresponding hardware

selections, test range requirements, preliminary vehicle sizing and design layout and preliminary data processing and

handling plan.

8-2



TABLE I CONFIDENCE IN EVENT OR MEASUREMENT

LAUNCH SCENARIO

THIOKOL PILEDRIVER

BOOSTER SYSTEM LOW HIGH

SHROUD REMOVAL LOW HIGH

TARGET PLACEMENT LOW HIGH

TARGET CHARACTER HIGH MED

AJO MEASUREMENTS
*FLOWFIELD RADIATION HIGH MED
*ATTENUATION HIGH HIGH
-BLUE HIGH HIGH
*JITTER HIGH LOW
•BSE MED LOW
•BSE SLOPE MED LOW

THERMAL PERF. MEAS.

-WINDOW HIGH HIGH
-FOREBODY HIGH HIGH
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